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APPLICATION OF SUPERSONIC VQRTEX-FLOW THEORY TO THE 

DESIGN O F  S U P W S O N I C  IMPULSE CO-SOR- 

OR TURBINE-BLIIDE SECTIONS 

B y  Emanuel  Boxer, James R. Sterrett, and John Fnodarski 
- 

A method f o r  designing  shock-free  supersonic impulse  compressor 
and turbine  blades in which the  blade passage is  essent ia l ly  the space 
between two concentric  circles i s  presentep.  Since the ahock-free  super- 
sonic flow between t w o  concentric  circles i s  a vortex flow, the  problem 
is one of designing an entrance to   the   c i rcu lar -a rc  passage which will 

and vice  veraa at the   ex i t .  The coordinates of many t ransi t ion  arcs  
have been computed and are  included in  tabular form. The resul t ing 

variables can  be Fnvestigated  independently in cascade and the perform- 
ance of a section f o r  par t icular  ro to r  conditione may be  deduced from 
t e s t s  of representative  sections. 

- convert  the uniform entering flow to the  required  vortex  distributfon 

\ eections  are dl related t o  one another 60 that changes in the  design 

Three methds of increasing  the  thickness,  particularly  near  the 
leading and t r a i l i n g  edges, are presented  although not experimentally 
investigated. The passage shape was investigated  for its a b i l i t y  to 
start   supersonically and the maximum design inlet Mach nuzliber f o r  
s t a r t i n g  w&s determined for given  vortex-blade  parameters. 

Cascade t e s t  results of  four  blade  passages  designed t o  t u rn   t he  
f low 120° a t  an i n l e t  Mach nmiber of 1.57 showed reasonable agreemelrt 
with predicted  surface  static  pressures. The stagnation  pressure 
recovery was approximately 87.5 percent  for a l l  sectione. 

L At the   tu rn  of the century,  the newly realized  potentiall t ie8 of 
stem  turbines  led, among other  things, to  intensive  empirical research 

b i n t o  the proper  shaping of impulse turbine  blades  or  buckets f o r  use 



2 - NACA RM ~ 5 2 ~ 0 6  

with  supersonic M e t  velocit ies.  (See reference 1.) The bucket  shapes 
developed a t  that time, when l i t t l e  was knam ab& supersonic flow other 
than the existence of the Prandtl-Meyer and Rankine-Hugoniot relations, 
are s t i l l  the basis for  design of modern impulse stem-turbine  buckets 
since no  premium has been placed upon achieving  the  ultimate i n  
performance. 

The present-day  revolution i n  aircraft propulsion has brought  about 
EL demand fo r  high-performance  compressors and turbines and has Fnstigated 
an  intensive  research in the f i e l d  of high-pressure-ratio compreseors 
and turbines with large flow-handling capacities, small frorrtal mea, 
l igh t  w e i g h t ,  and high efficiency. With the development of the theory 
of the  supersonic  axial-flow compressor by  Khtrowitz  (reference 2) a 
new f i e l d  of great promise i n  compressor reeearch was opened. In par- 
t i cu l a r ,  the  entirely supersonic  rotor and diffusing s ta tor  combination 
suggested  by  Ikntrowitz and discussed by Ferri  (reference 3) holds 
promise of pressure ratios  per  stage of 6 t o  10 w i t h  efficiencies 
estimated from two-dimensional  cascade t e a t s   t o  be between 70 and 80 per- 
cent. P a r t  of the problem t o  be  overcome fo r  compressors of this type 
i s  the design of efficient  rotor-blade  sections  to turn the air super- 
sonfcally  through large angles wlth very l i t t l e   o r  no reaction (that ie, 
s ta t ic-pressure  r ise) ,  a requfrement identical  to that for   e f f ic ien t  
impulse turbine buckets. The understanding  of  supersonic flow has 
progreseed  rapidly fn recent  years.  Liccini  (reference 4) has demon- 
a t r a t e d  that turning passages very much  more efficient than those  cited 
by Stodola are now possible. Tbe m i c a 1  determination of the blade 
shape fo r  each  design by the graphical  characterigtfc method  of solution 
and check tes t ing i n  cascade, however, is laborious. The purpose of  
this paper is to present art anQt ica l  method f o r  the- design of two- 
dimensional related  eectiona such that the selection of a blade for  
particular  rotor  conditiona may be made quickly and eas i ly  and i ts  
perfarmance deduced from tests of representative  sections  in cascade. 

The principal part of the turning, in what are called  vortex 
impulse sections, is  accomplished by concentric  streamlines with a 
vortex-type  distribution of velocity  for which an analytical  potential- 
flow  solution of the  equation of the character is t ic   or  Mach l h e e  haa 
been  developed by A. Busemam. A t ransi t ion  sect ion at the leading 
part is  used to   s e t  up this vortex flow and ie duplicated at the rear 
of the sy-mmetrical blade to return the flow t o   t h e  required uniform 
exit  condition. The resulting  sections are related to one another so 
that changes i n  the design variables, that is, design Wet and exi t  
Mach  number, blade  surface Mach numbere,  and turning angles  can be 
investigated  independently i n  cascade. Inasmuch as most practical  
vortex  sections  contract  the flow, it was necessary t o   i n w s t i g a t e  
-lytically  the  supersonic  starting problem. In  addition,  several 
methods of t h i c k e m  t h  vanishingly thin leading and t r a i l i ng  edges 

f 
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which are a result of the amumption of shock-free f luw are  suggested 
f o r  pract ical  compressor-blade application. 

J 
The effects  of the boundary layer upon the potential-flow sokxtion 

were obtained experimentally by several caacade tests of typical impulse 
blade  sections at an i n l e t  Mach  number of 1.57. 

A area 

A* area when f low is sonic  (for  isentropic flow) 

a 

a* 

cL 

- CP 

C 

speed of sound 

speed of sound at  point in flow fo r  which the Mach  nuniber 
equals 1.0 

lif't coefficient 

specific heat at constant pressure 

reduction of maximum f low rate due to curvilinear flow 

nondlmensional  chord (chord/fi> 

. . ..  .. 

G* nordimensional blade spacing (2m/d) 

K nondimensional vortex constant 

m rate of mass f low 

n rider of blades i n  a rotor  
c 

P static pressure 
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r* 
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R* 
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U 

V 

V 

vmx 

X* 

Y* 

B 

- 
stagnation  pressure 

vortex-flow parameter 
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radius from center of rotation of a rotor 

radius of sonic  velocity  etreamline i n  vortex field 

radius i n  vortex  field 

nondfmenaional radius in vortex  f ield ( R / ? 3 )  

radius  ratio (R*/Rl*) 

projection of  added thickness normal t o  axial direction 
( f ig .  9 b )  1 

temperature 

rotational  velocity of rotor 

component of velocity in x direction 

component of veloc i ty   in  y direction 

velocity 

maxim velocity of f low for  given stagnation  conditions 
/ -\ 

nondimensional distance  in x direction ( x / r * )  

nondimensional distance In y direction  (y/r*) 

Wet-f low angle, angle between relative f l o w  and normal 
to rotor  leading edge 

r a t i o  of specific bea ta  

leading-edge wedge angle 

turning  angle 

hhch angle 

supersonic property angle,  angle through which flow m e t  
expand from M = 1.0 t o  given Mach m e r  

1 
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Subscripts 

a 

e 

i 

1 

U 

0 

S 

2 

5 

r a t i o  of  average outlet   velocity t o  M e t  velocity 

density 

so l id i ty  (C*/G*) 

angle between vortex radius vector and x axis, measured 
positive clockwise 

direct ion of flow in  vortex field, measured positive clock- 
wise f r o m  x axis 

stagnation  preesure  recovery 

axial direct  ion 

entrance  condition 

undisturbed inlet condition 

lower or concave surface 

upper o r  convex surface 

stagnation 

sonic 

exit   condition 

A prime mark denotes  conditione a f t e r  normal shock. 

Blade-Section Development 

To t u rn  a gas fluw through the large  angles  necessary in supersonic 
compressor- or  *bine-blade  passages, a vortex  type of flow can be 
u t i l i zed  if the inlet   surface i s  properly shaped t o  convert the uniform 
inlet   veloci ty   into that corresponding to   vor tex  flow and vice versa at 
the ex i t .  The deeirabi l i ty  of wing a vortex type of  flow i s  evident 
when it i s  realized that the maximum loading f o r  a given peak eurface 
pressure is achieved by uniform upper and lower surface pressures attained 
through the use of vortex flow. The labor  involved in obtaining a solu- 
tion f o r  a blade p r o f i l e   i s  reduced  because for vortex flow the equation . of the bkch l h e s  can be found and, as will be shown, only the t r a m i t i o n  



arcs need t o  be determined. The fact that the blades so developed are 
part of a related  family is admtageous.  

Supersonic  vortex-flow  theory.- As i e  well Imam, (for example, see 
reference 5 ) ,  supersonic  vortex flow is an i r ro ta t iona l  flow the atream- 
lines of which &e concentric  circles; with a constant  velocity along 
any particular  streamline. The velocity fn turn  varies inversely w i t h  . 

radius. 

The general  vortex  equation 

VR = constant 

can be rewritten 

Restricting the flow t o  the supersonic  realm w i l l  limit R* t o  value8 

between /- ' - I and 1.0 with' a f low variation shown schematically fn 

figure 1. Since the magnitude of the  velocity and i ts  direction is 
known a t  any point, the   inc l imt ion  of the Mach waves through any given 
point may be determined as a flmction of R* as shown eubsequently. 

Since  the  velocity is normal t o  $he radius (see fig.  2), the Mach 
2 wave tnclination i s  6' t p or 6 + - f CI w h e r e  

and 

BO that the Mach wave inclination l a  + $ f a r c  sin + l)R** - ( 7  - 1) 

The equation of the Mach lines may be found by integration  since the 
slope ie a function  of fi and R*.  he resulting integral  equation h a  
been  solved i n  terms of W. Rather than  develop the direct  solution, 

J 
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use may be made of the fact that the Bhch Unes are characteristic lines 
and that a functional- relation between velocity  direction 8' and 
velocity  ratio W exists d o n g  a characteristic line (equations 81 
a d  89, reference 6).  Since W = 1 the  equation of Mach lFnes can 

be written i n  polar form as 
R* 

&TC s l n  ( y  + l)R*2 c - d} + conatant 

The foregoing development is baaed upon work done by A. Busemann 
(unpublished) . The Mach wave network in the supersonic vortex f ie ld  
for 4' incremental changes fn the value of the constazrt is  shown in 
figure 3 as orlginal3.y prepared by Busemann. 

Generation of transition  arcs. - The flow entering  a blade section 
assumed t o  be uniform, supersonic, and of constant entropy must be 
deflected by uniquely shaped boundaries t o  set up the des*ed vortex- 
flow pattern. In the following exposition, it is convenient t o  discuss 
the flow in terms of flow direction, @', and the property angle, v .  
Tables of functions f o r  two-dimensional f l o w  of a perfect gaa have been 
piblished in  many texts, but, f o r  ready reference,  the values of M, 
W, p, and R*, as- functions of V for 7 = 1.40 are presented In 
table I. 

The inlet value of Ve muat be reduced by meam of compression 
waves t o  the  selected value of Vl OIL the concave surface and generally 
increased through expansions to the value Vu on the convex surface of 
the  vortex part of the blade. Along a Une where @ = 0, compression 
waves (shown in  fig. 4 as 80lid lines) have a negative slope and expan- 
sion waves (shown dashed), a positive one. TIE f l o w  (see fig. 4) muat 
be normal t o  the  radial line through the fnitial point of the moat 
clockwise-spaced concentric  arc. Since both surfaces must turn  the 
flaw an equal amount, 

or 

& = v1 + vu - 2ve 
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where & is the displacement  angle between the  ini t ia l   points  of the 
concentric  arcs. 

If the start of concave circular  arc i s  a s s m d   t o  be on the 
y* axis,  then  the  true  vortex flow is  bounded by the  circular-arc 
surfaces a d  the expansion wave  through 81' = 0 on the concave surface 
and the compression wave which passes  through ht = A# on the convex 
surface up to   the i r   po in t  of intersection. Along these  principal  char- 
ac t e r i s t i c  lines (heavier   l ines   in   f ig .  4), the slope of  the  crossing 
c b z a c t e r i s t i c  or Mach wave and the flow d i q c t i o n  i s  known a t  every 
point. T h e r e  are  expnsion waves of t o t a l  strength vu - Ve croseing 
the  principal compression characterist ic and t o t a l  compression wave 
strength of Ve - Vl crossing the principal  expansion  characteristic. 

From the  theory of characterist ics as applied t o  supersonic flow, 
the  direction and velocity of the flow are known t o  vary only across a 
characterist ic line. When characteristics  are  given a finite strength, 
the  solution of a flow problem takes  the form of a network of quadri- 
l a te ra l s .  The flow parameters  within  each  quadrilateral are assumed 
constant. Thus, in the  present problem, the   t rami t ion   a rcs   a re  
generated by straight-l ine elements pa ra l l e l   t o   t he  flow within  the - 

adjacent  quadrilateral o r  t r iangle  formed by the  principal and croseing 
characterist ics and the transi t fon  arc  itself s ta r t ing  from the circular s 

arcs at fllf = 0 and &' = A@ and proceeding fn the counter-clockwise 
direction until parallel   with  the  inlet  flow. Where necessary, fo r  
example, nonsymmetrical sec t ians ,   the   ex i t   t rans i t ion   a rcs   a t   the  trailing 
amfaces of the blade  are  generated i n  a like manner about a radius 
labeled #1' = 0 with  the  exception that eigne of a l l  flow angles 8' 
are changed. 

" 

. .. 

/ 

" 

A n  i l lus t ra t ive  example of a particular  design ..is shown in figure 4 .. . 

for  a n  assumed w e t  Y, of 8O and VI and vu e q d  to 0' and SO0, 
respectively.  In  each bounded region of flok .there appear two numbere, 
the upper one of which i s  the f l o w  dfrection jd', the lower one the 
property angle V .  The strength of each wave is taken t o  be 20 so that 
the   t rans i t ion .   a rc   i s  composed of straight-line elemerrts deflected 2O at 
the  intersection  with a characteristik 1Fne. 

. . -. 

. . " 

- 

The coordinate8 of a number of  transition  arcs  obtained dgebr8iCally 
for small increments of $d are  presented i n  table  I1 f o r  convex surfaces 
and i n  table I11 for concave surfaces. Each of the arcs  originates on 
the p axis for  which 6' = 0 and i ts  length is dependent upon the 
inlet value of Ve.  The range of va lues  of 
is thought t o  cover  foreseeable  applications 
blade  section. 

Ve, "1, and vu presented 
for  turbine- or  compreseor- 

- .  

I .  



- 
Blade-section  layout. - The shape of any particular  section is a 

function of i n l e t  and e x i t  Uach  numbers as well as t o t a l  turning angle 

the turning  angle e i s  equal t o  twice the air W e t  angle Be. The 
concave and convex circular  arcs subtend cedral w e s  of e -. 2 ( ~ e  - v 2) 
and e - 2(vU - ve) , respective-. 

s and Mach  number on the  circular-arc  surfaces. For a eymmetrical profile, 

Once the  design  parameters have been  selected,  the flow channel 
can  be constructed  quite simply.  The circular-axc radius f o r  the  
selected  values of V I  and Vu are obtained from table  I and the 
coordbates of the  t ransi t ion  arcs  are computed from values  given in 
tables II and III traneformed by standard  trfgonornetric means through ' 
an axis rotat ion of 8/2 + ( V l  - Ve) and 8/2 + ( V e  - vu) degrees f o r  
the concave and convex surfaces,  respectively. The convex t rans i t ion  
arc is extended  by means of 8 s t ra ight  line para l le l  t o  the inlet or  
ex i t  flow direction t o  the r o t o r  leading- o r  trdXnn-edge =ne. To 
obtain  the  blade form, the convex surface is  displaced a distance G*, 
as shown i n  figure 5, so that the t w o  surfaces are tangent at the leading 
and trailing edges. Examplee of several symmetrical  blade sections 
obtained in t h i s  manner are  presented i n  figure 6. 

Asymmetrfc sections may be  designed similarly by t rea t ing   the   in le t  - and exit sections BB s e w a t e  layout  problem. To obtain a sharp 
t r a i l i n g  edge, the exit area nom t o  the flow can be obtained from 
the familiar cascade re la t ion  

w 

4 2  cos Be - =  
A, cos(8e - e )  

To satisfy  the  equation of continuity,  the  design erdt value of  v u t  
correspond t o  that of an isentropic mea change A2/&. 

Although a f l o w  passage  can be constructed for selection of 
flow parameters, provided that the sum of transit ion  turning on e i ther  
surface does  not  exceed the  total   turning  angle  desired,   there  are 
solutiona  for which a compre~eor- o r  turbine-blade  section does not 
exist because the surfaces   a re   h te rcbnged   red t ing   In-negat ive   th ick-  
ness. For most practical   selections of VI, %, and 8 ,  however, no 
d i f f icu l ty  is encountered. 

Not only the  blade shape but the so l id i ty  cr as w e l l  is  predeter- 
mined by  the  selection of the  surface Mach nrmibers for a given  rotor 
design. The so l id i ty  of a symmetrical  blade ce.n be determined analyti- 
cally without the necessity of graphical  construction. The necessary 
equations t o  f ind  the  sol idi ty  of a blade axe given i n  appendix A. 
Since the mechanical  design of  a r o t o r  due t o  blade-h&  attachment - 

P 
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di f f icu l t iee  &a well as the aerodynamic performance depend  upon solidity,  
figures 7 and 8 have been prepared fo r   i l l u s t r a t ive  purposes. The 
variation of  sol idi ty  with turning  angle8 fo r  the case where 3 

V e  = $(Vu + V I )  and each  property angle i e  constant in turn i s  presented 
i n  figure 7. Figure 8 presents results for  the  case where the inter- 
dependence of the  property angles f a  removed. The lowest eol idi t iee  
are achieved when the divergence of surface Mach Llunibers or  loading i e  
greatest. For  preset  eurface Mach numbera the Solidity is affected 
slightly by a variation of inlet Mach nunhr .  

From the aerodynamic standpoint, low sol idi ty  is desirable  becawe 
of  lower total  frictional  losses;  however, eeprat ion  losses  and out- 
l e t  flow-divergence angles w i l l  undoubtedly be greater &E the preseure 
rise on the convex surface at the exit transftion  section becomes greater 
a t  low so l id i t ies .  The designer's  selection of & reasonable  solidity to 
yield the highest efficiency is fac i l i t a ted  by the use of vortex  sections 
etnce  the  profiles are related t o  one another and therefore performance 
estimates m y  be made by interpolation of the results of cascade tests 
of representative  sections. 

Method of Creating  FFnite hading-Edge Angle 

For use in a pract ical  compressor or  turbine the supereonic  vortex 
sections have a  serious  disadvantage  because of the extremely t h i n  d 

leading edges which are subject  to  rapid wear due t o  high-velocity  solid 
par t ic les  i n  the stream and to   def lec t ion  due t o  the pressure differential 
exieting on the two surfaces. This difficulty may be  circumvented by 
the means outlined  subsequently t o  create a f i n i t e  wedge angle at the 
leading and t r a i l i n g  edges. 

Subsonic axial velocity component. - Karrtrowitz (reference 2)  ha^ 
shown that fo r  8Ub8OniC axial velocit ies when expansion wave8 are 
generated along the entrance  region ( i n  this case the forepart of the 
convex surface) an oblique conrpreseion shock of strength  equal  to the 
t o t a l  expansion strength will be created t o  obtafn a steady-etate  condi- 
t ion.  A small angle wedge therefore  can be placed on the convex surface 
followed by either an expaneion  corner as shown i n  figure 9( a )  o r  a 
convex arc so placed that a l l  the exgansion waves are upstream of  the 
following  blade. The expassion wave8 originating at B and the compres- 
sion shock from A being of  the same family w i l l  effectfvely  cancel  each 
other a short distance upstream of the cascade for axial   velocit ies  near 
sonic. The  wave pattern i n  figure g(a )  composed of finite-atrength 
expansion wave8 is Been t o  be  completely  cancelled  wfthin the confine8 
of the figure fo r  a group of blades. A8 i n  the case  of an isolated 
a i r f o i l   i n  supersonic flow, the wavea cancel completely only at an 
infinite  distance from the source of disturbance so that in rea l f ty  it 



m 

i s  only at  a great distance from the  cascade that the undisturbed Mach 
nlmiber is Mi. As the  fluid approaches the cascade it oscil lates  with 

turned and expanded t o  the W e t  value M, different than t o  
satisfy  the  equation of continuity. 

increasing amplitude  about % as a mean. A t  the entrance  the flow is 

The graphical  procedure used t o  determine M i  i e  outlined i n  
reference 2; however, the  accuracy of the method is limited and it fails 
i n  60lvin@; the inverse problem of i l r t e r e s t   t o  the compresaor designera, namely, that of determining M, and Be when Q and Pi m e  given. 

A simpler method capable of analytic  solution is presented. When 
the oblique  shocks axe assumed t o  be r e h t f v e l y  weak, the f l o w  process 
m a ~ r  be  regarded as isentropic. The last fnfinitesfmal  strength wave in 
the ex-panaion fan about B t o  be  cancelled  (see fig. g(b))  w i l l  be the 
Mach  wave associated with the undfsturbed  upstream Mach mtiber M i .  If 
that Mach wave i e  BD, then a line FD which i s  tangent at D t o  the 
limiting streamLine AC entering the pasaage must be pa ra l l e l  t o  the 
direction Mi ,  and the  area normal t o  ’ t h e  f l o w  across BD fa equal t o  
t o  Ai. The extension of line FD will pass through point E, since a 
line joining the  points E and B i a   pa ra l l e l  asd equal t o  W. 

a Because AC i s  a streamline and the flow in the expansion fan i s  
isentropic, the change in flow direct ion - pe  muat equal tre - v i  
t o  satisfy  the  equation of continuity. - 

To solve the problem analytically, l3 can  be shown to be a Func- 
t i o n  of Mach lluniber since 

a, (G* - t ) cos  Be 
A i =  CF cos pi =(.”) G* t cos COS P i  Be 

and 

Use  may be made of the values of v and A as a function of Mach 

number tabulated, f o r  example, fn reference 6 t o  determine the dea l r ed  
unknown through a trial-and-error  selection of ‘Mach numbers. Since the 

s .. 
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solution i s  a Function  of t/G*, the wedge angle i a  not  uniquely  deter- 
mined. Care should  be exercised in  selecting a suitable  angle such 
that   the  shock i s  attached and the  position of the expaneion  corner II 

permits the last wave of the fan t o  precede the following blade. 

. 

Another method u t i l i ze s  a shock wave or ig inat ing  a t  the leading 
edge of  the concave eurface which w i l l  f a l l  inside  the passage and 
therefore w f l l  not affect   the  flow upstream of the leading  edge. The 
value ve (see flg. g(c ) )  can be obtained from the oblique-shock  equa- 
tions  (reference 6) when - vi and wedge angle 6 are known. The points 
A and B are the start of t h e   t r a m i t i o n  arcs of  a peaage designed 
f o r  an in l e t  Mach  number equivalent t o  V e  and for a turning angle 
8 = 2(Pi  - 6) for  a symmetrical section. From the  point A, a st raight  
l ine   t angent   to   the   t randt ion   a rc  LEI proJected far enough forward eo 
that the shock wave caused by deflect-  the flow at point C interaects 
the  point B on the  opposite  surface. The line BD is  parallel t o  M i  
creating an exterior  corner of Eo at B: The basic leading-edge &ape 
for  ve is indicated by EAF. .. .- 

From practical  considerations, the wedge angle 6 should be fairly 
small t o   y i e ld  a range of rotatiolqal speeds for  which the shock w i l l  be 
attached as well as alleviatihg  the  possible f low separation at B due 
t o  shock - boundary-layer interaction. 

Supersonic axial-velocity component. - When the axial component of 
the  relative  velocity i s  supersonic,  mother rcethod of creatLng a "- 

.. 

" 2  

leading-edge wedge is  t o  have the shock originate on the leading edge 
of the convex surface  by  taking  care to   s e l ec t  a wedge angle  eufficiently 
small t o  insure the shock lacation  within the paeeage ( see  f ig.  9( d) ) . 
The passage in this case i a  designed fo r  an i n l e t  Mach  number equivalent 
t o  tre and a turnin@; angle e = 2(p5 + S) for  8 symmetrical section. 
The surface AC i s  parallel t o  the  undisturbed inlet velocity M i  and 
at A the  surface i s  turned sharply t o  cancel  the leading-edge  shock. 
The thinner boundery layer   a t  A, 8 s  compared to that a t  point B 
( f ig .   g(c))  and the  centrifugal  force will materially a i d  in preventing 
flow separation on the concave surface at A. Far this reason the  
performance would be  expected t o  be superior t o   t h e  secand SUbeOniC 
axial-velocity-component case. 

I 

" 

For the symmetrical  aection, the sharp  corners at the   t r a i l i ng  
edge will give rise t o  trailing expamion wave8 and oblique ahocka, To 
a first-order approximation the   ex i t  Mach  number -1 e q W  the  entering 
Mi and the  turning  angle 8 = 2Pl fo r  a true impulse condition. 
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Consideration of Starting  Contraction  Ratio 

In the design of a passage  .for  supersonic f low,  it is  important t o  
examine any converging portion t o  h s w e  that supersonic flow can  be 
started (see  reference 7). Most practical  vortex  sectiom  contract the 
flow. In  this discussion,  consideration is  given o n l y  t o  those cases 
when the mi- area occurs between the concentric  circular arcs. For 
given values of t'l and vu it i s  possible   to  determine analytically 
the greatest  design value of ve f a r  which supersonic f low s t a r t s  In 
the passage. The flow  can  not  be assumed one dimensional a8 in refer- 
ence 8 because of the large velocity  gradient between the channel wlh. 
Since the s tar t ing  Mach rrumber depends both upon the stagnation-preesure 
loss through the normal  shock and the maximum ma89 flow .through the 
miniDIUm section, the reduction of mass flow due t o  curvilinear flow 
must be  obtained. The maximum inlet-design Mach rmfber will therefore 
be tha t  design value of Mach  number for which the maximum rate of f l o w  
can be accommodated h n  the normal-shock loss and the large  velocity 
gradient in the concerrtric-arc passage are taken - into  consideration. 

When a normal shock is assumed t o  be e y i n g  the entrance at the 
instant of  starting as shown in figure 10, the -gain i n  entropy through 
the shock all be  constant so that  the flow damstream of the shock w i l l  
s t i l l  be  Trrotational. If the,circular  portion of the passage is  suf- 
f i c i en t ly  long, a vortex type of flow wlll be generated. The vortex 
equation  expressed n o n d i m e n s i o n a ~  (developed. in  a p w i x  B) is 

The immediate problem is t o  determine the  constant K = f o r  
which the   r a t e  of f l o w  i e  a maximum fo r  a given radius r a t i o  and stagna- 
t i o n  conditione. The derivation of the  necessary  equation is presented 
i n  appendix A and the resulting valuee of Jcmax as a function of the 
r a t i o  of the concave t o  convex radius ie given in f igme 11. The reduc- 
t i o n  i n  maximum mass f l o w  C compared t o  that in  a one-dimensional 
passage of  w i d t h  equal t o  the distance between the two radii is pre- 
sented in figure 12. 

The mass flow in the paseage a t  the instant of s t a r t i n g  when the 
normal shock spans the inlet is equal to the f l o w  rate when started. 
The physical area  contraction as a function OS inlet Mach  number and 
Vu and V i  may readily be determined f o r  the started condition. If 
equated t o  the m a x W  corrtraction  ratio  for s t a r t i n g ,  when the flow 
reduction  factor C is taken  into  consideration  the maximm selected 
value of  Ve, f o r  which the passage can be designed t o  start, can  be 
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- 
found. The derivation of  the equations and method of  attack are outlfned 
i n  appendlx C .  The limiting values of inlet tre as a function of v 1  
and Vu calculated as indicated in appendix C are presented In figure 13. i 

The " t in@;  m e t  Mach number,-however, i s  not va lFd  for  the  thick- 
ened leading-edge sections which need to be hvestigated individually. 

Experimental  Apparatus and Procedure 

The blade models are mounted between glass side walls in  the   t ee t  
section of the  %-by 2-inch supersonic cascade tunnel (fig. 14) .  ThLs 

tunnel i s  a closed-return  type i n  which the flow i s  produced by a 
compressor previously used as a supercharger on a v-1650-7 Packard air- 
craf t  engine. The power t o  operate the compressor is .furnished by a 
300-horsepower direct-current motor. Upstream of the t e e t  section fa a 
24- by 24-inch se t t l i ng  chamber containing  three sets of  fine screens. 
Downatream of the test  section is a two-dimensional diff'ueer of approld- 
mtely 6 O  divergence.  angle  followed  -by  return  ducting  incorporating two 
a i r c ra f t  type of water-cooled radiators   to   control   the  air temperature. 
A n  air  bleed-off valve in  the settling chamber i s  used to   cont ro l  the 
settling-chaniber  pressure a t  from 1 t o  approximately 2 atmospheres. A l l  
t e s t s  herein reported, however, were made w i t h  atmospheric stagnation 
pressure. Schlieren photographa of  the flow w e r e  made with the m e  of 
the usual two parabolic mirror systems. 

1 

Two blades forming one passage were wed per se t .  The passage 
contours a re  accurately machined t o  a tolerance of 0.002-inch. I n  
order t o  gain st ructural  rigidity near the leading and t r a i l i ng  edges, 
the outer  surfaces were arbitrari ly designed t o  have finite edge angles 
and therefore the blade profiles axe not similar m r  do they  represent 
any vortex  section. 

A v i e w  of the test  section w f t h  one sidewall removed is presented 
i n  figure 15. The asymmetric snpersonic nozzle was desfgned for an 
ex i t  Mach  number of 1.57 equivalent t o  a V of 14O. A solid wood 
fair ing on the convex side and a flexible; adjustable  extension on the 
concave side were used t o  guide the flow outside of  the test  passage. 
The blade models, of 2$-- inch span, were mounted on dowel pins  presa- 
f i t t ed   i n to  bushed holes i n  one of the glass windows. The angle of 
a t tack of the blades c d d  be varied d t h  respect  t o   t h e  .nozzle by 
rotating the glass. In this way the Mach  number entering the passage 
could be varied within limits lmposed  by the appearance of detached bow 
waves on the  leading edges. 

r 
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Four se t s  of blades of different  solidities were chosen f o r  tes t ing.  
Figme l6 is a @atograph of one of these blades showing the s t a t i c -  
pressure  orifices and scratch marks used to create mch w a v e  disturbances 
in the  flow. All of  the blades had a turning angle of B O o .  So l id i t ies  
and the  theoret ical  Y values f o r  the concentric axis and entrance 
conditions are as follows: 

I 

B l a d e  "e V U  V l .  
(de431 ( d e d  ( de431 

Sol idi ty  Figure 

I 

6(e) 2.70 13 24 0 Iv 

6( c) 3.64 14 24 4 I1 
6(b) 5.69 14 x) 8 

UCI 2.59 14 20 0 

In order t o  prevent tbe familiar condenaation shock phenomenon 

maintained a t  a high temperature by manual regulation of the coolfng 
water flow. The operating compressor-pressure r a t i o  f o r  any configura- 

pressures remained unchanged with a further increase in speed. Total 
and static pressures were  measured insidd the passage just before  the 
end of the concave blade either by sfngle- o r  multiple-tube  probes. 
Flow surveys were made a t  several spanwise s ta t ions f o r  several M e t  
Mach numbers. Chordwise static-pressure  orifices were located at the 
midspan of both passage surfaces. In addition,  three spanwise static- 
pressure  orifices  onboth  surfaces were located at the chordwiae posi- 
t i o n  where the survey measurements were made. The inlet total   pressure 
and temperature were measured i n  the se t t l i ng  chaniber. A l l  pressure 
measuremerrts were recorded by  photographing a multiple-tube mercury 
manometer. 

- caused by expand- moist air, the settling-chaniber temperature was 

k t i o n  was obtained by increasing the motor speed Mil all t es t   sec t ion  
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RESULTS Arrm DISCUSSION 

The figures and tables  presenting  the test  resu l t s  for the four 
passages are  tabulated below: 

Blade 

Type  of data IV 111 I1 I 

Figure 

S tat.ic  -pres sure 
distribution 17( a> 17(d) 17( c ) 17(b 1 

Schlieren photographs 

Total-pressure 

22 21 20 19 

recoveries a) l a d )  18( c 1 18(b 1 

Tab l e  
L 

Weighted average to t a l -  
m a >  * IV(d) IV( c> m b )  presaure  recoveries 

An examination'  of the  stagnation  pressure  recoveries at the exft 
of the  blade passages ( f ig .  18) makes it obvious that the flow is not 
two dimensional. The boundary layer has "piled up" i n  toward the  center 
of the convex surface. As in  reference 4, there is evidence of circula- 
t o r y  boundary-layer flow down the  slde wa.ll t o   t h e  convex surface and 
inward toward the  center of  the convex blade. A n  explanatian of  t h i s  
phenomenon can be deducea by a coziiideration.of-  .th&centrif&al  forcea 
and boundary-layer effect8 along the  side wall. Out In the   f ree  stream, 
the  centrifugal.  force caused by curved  stretiuilh&s is just -balanced by 
a positive  pressure  gradient (toward the concave surface) In   the  w a l l  
boundary layer, however, t h i s  pressure gradient i s  greater than the 
centrifugal  force; thus the flow moves down the side walls and  inward 
on the convex surface. For law-aspect-ratio bl8.de.@ such as .for these 
tests, the  side-wall boundary-layer  -inflow effects   are  . fe l t  completely 
acrosfl  the span at the  exit of the  blades. Two-dimeimional flow at 
the spanwise center of  the blades c d d  be more cloeely approached by 
ueing  large-aspect-ratio  blaaes t o  minimize the e.ljent of t h i s  b a d - -  
layer inflow.. The size of the  existing equipment,  however, -prevented 
the  use of large-aspect-ratio  blades. In an actual ro to r ,  centrifugal 
forces also exist i n  the spanwlse direction and therefore the results 
Of these tests 6 h O d d  be considered only  as conservative  indications 

U 

.. . 

" 
. .. 
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- of  the performance of blades in an actual  rotor.  The f ac t  that the flow 
i s   t h ree  dimensional in  character i n  these tests should be kept in  mind 
when inspection i s  made of  the  schlieren photographs. 

An interesting experiment which  shows the   e f fec t  of t h i s  boundary- 
layer inflow was conducted  by placi  two boundary-layer  fences on the 
convex surface of blade 11, placed 74 inch from the glass wall. Each 
fence  consisted of  a thin plate  1/4 inch  high and elctending from 10 to 
100 percent of the chOk7i:- Comparing the pressure  recoveries ~ a r  the 
convex smface of t h i s  modified  blade ( f i g .  M(e) ) wLth the same blade 
(f ig .  18(b)) shows that thefences  have reduced  boundary-layer accumla- 
t i on  and separation-" These particular data should be considered  prelim- 
inary in  nature as static-pressure measurements necemary t o  correct 
for  shock losses were taken o d y  at the blade  sui-faces. 

Blade I was tes ted at a slightly higher than design inlet Mach 
number. This  higher  inlet Mach  number was necessary t o  prevent shocks 
in the outer channels,  caused by the  configuration of the tunnel, from 
extending ahead of the  blades. TIE s t a t i c   g r e e m s  on the surfaces of 
the blades were higher  than  design. T h t ~  e f fec t  may be due t o  the 
thickening of the boundary k p r  fn this =ow channel. The pressure 
rise at the rear  part of the passage i s  explained by the sl igbk flow 
separation on the convex surface a s  seen from the schlieren photographs 

- ( f ig .  lg(a)) ,  and the  consequent diffuser effect due to reduced  flow 
areas. 

c Static-pressure  distributions on passage II are in good agreement 
w i t h  the  predkted  values  except  at  the  rear part of  the blade where 
separation had i t s  usual effect .  A study of  midspan preasure  recoverfee 
indicated a decrease in pressure  recovery a t  the convex wall for  an 
increase of i n l e t  Mach  number correspondlng t o  a change of  ve of  lo, 
(fig. 18(b) 1. 

Supersonic flow ln the passage formed by blade III cauld not be 
s ta r ted  at the  design inlet Mach  number of v equal to 14'. The inlet 
Mach  number had t o  be increased to v value of approximately 18O. 
Figure =(a) show6 a schlieren photograph of the passage in an unstarted 
condition. ALL data  presented f o r  this blade were taken at an off-design 
inlet Mach rmiber. As seen from the  schlieren photograph i n  figure 21(b), 
tke boundary layer  separated from t he  convex blade  surface at approxi- 
mately  the  30-percent-chord atation, but was apparently'  reattached a 
short distance  damstream i n  a manner typica l  of laminar boundary layer. 
The usual three-dimensional-flow effects are  "tea from t h  schlieren 
photographs and pressure  recoveries. 

In figure 13, it can be seen that, for a vu of 28O and a v l  of 
0, the maximum design  entering Mach  number Fs 14.k0. Blade III, there- 
fore, should start at i t s  design inlet Mach  number of v equal to 14O. 

- 

- 
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. 
In  the derivations of the  equations used to plot figure 13, however, the 
effects  of  the boundary layer have been neglected. The presence of  
boundary layer or flow separation would decrease  the maximum mss flow, 
and thus decrease the maximum design  entering Mach &.er. Since 
blade 111 was designed  with an entering Mach m b e r  very close t o  the 
limit, it i s  not  surprieing that viscosity  effects prevented it from 
startbg a t  a v of 14O. 

. " * 

-- 1. 

The inlet Mach  number for blade IV is greater  than  design by the 
equivalent of a change In v of 2O. Nosing down the  blades, however, 
Caused the  strong shock in the. outer bypass channel t o  extend ahead of 
the  convex-surface  blade. Whether this resu l t  was caused solely by the 
tunnel  configuration o r  by the fact  that the  paseage would not s t a r t  a t  
a lower Mach  number wa8 not  deterndmd. It should be noted that t h i s  
blade i s  designed  close to the limiting design maximum inlet Mach number. 
The static-pressure  distribution is fn reasonable agreement w i t h  pre- 
dicted  values  except  for  the  effects of  boundary-layer accumulation 
and separation a t  the rear of  the passage. 

The variation of the mass-weighted stagnation-pressure  recovery f o r  
a l l  blades was mall. (See table IV. ) An approxhmte average recovery 
of 87.5 percent waa obtained f o r  all sections tested. Examination of 
an individual passage shows a l a r g e   m i a t i o n  of presaure  recovery at 
the various span positions which is caused by three-dimensional  flows. 

A comparison of  the blade  loading dL f o r  the four blades  given 
indicates k h a t  the experfmental loading  l a  approximately 90 percent of  
the theoret ical  value except fo r  blade number I i n  which the excellent 
agreement should be disregarded in view of the marked divergence between 
predicted and measured pressures. 

I 1 I' 

Theoretical Measured 
I f 

Schlieren photographs shown i n  figures 19 t o  22 give an indication 
of the flow condition in   t he  blade passages. It is interesting  to  note 
i n  figure 19( c)  and ffgure 22 .the close  correlation of the theoret ical  
vortex-wave pattern, shown by the do t t ed  line, and the actual  resulting 
waves. The shock w a v e s  a t  the leading edge and i n  the passage are known - 
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t o  be weak. This weakness is apparent by the rapid  dissipation of the 
dawnstream reflections and the "roof  top"  behavior of the boundary layer 
upon meeting the shock wave on the convex blade  surface. This phenomnon 
is typical  of a laminar boundary layer, that is, rapid  thickening and 
separation of the boundary layer upstream of  the shock and creation of 
expansion waxes as the boundary layer is rapidly  thinned behind the 
shock. The magnitude of the  increased boundary-layer  thickness, fo r  
such flows, is  a function of shock strength  (reference 8). 

The existence  of compression or  expansion waves at the exit of  the 
passage  can change the boundary layer upstream i n  the passage, and thus 
t o  mme extent  affect the separated  region in the passage. This phenom- 
enon ac ts  much the same as the shock before  the head of the t o t a l -  
pressure probe in figure lg( a)  whfch causes the boundary layer to thicken 
upstream. Although it was impossible w i t h  the existing equipment t o  
change the downstream pressure  appreciably,  the downstream pressure  could 
be varied somewhat by moving the flexible wall. A n  example of this 
result is sham i n  the schlieren photograph in   f igure  19( c) where  the 
aagle of the trailing-edge shock has been changed approximately loo and 
the flow leaving the blade i s  c lose r   t o  the required  exit  direction. No 
appreciable changes were noted fn the pressure recove@ due t o  changing 
the downstream preasure by t h i s  method. 

- 
The resu l t s  of the four-blade  passages followed similar trends with 

small variations in  over-all results. In general, the discrepancies 

explained by the boundary-lqyer  inflow and flow separation. Theee two 
effects acting  together caused the  pressure t o   r i s e   i n  the region of the 
t r a i l i n g  edge. The data indicate that these  discrepancies  could be 
reduced by using suitable devices t o  dnimlze  the boundary-layer M l o w  
from the  side walls. Vely little data are available t o  compare w i t h  
the  present results in order t o  determine whether the vortex-blade 
sections  are as ef f ic ien t  as any other ty-pe. Some data axe contained 
i n  reference 4, i n  which a pressure recovery of 95 percent was experi- 
enced for a 90' turning passage of so l id i ty  3.12, an inlet bhch nwiber 
of 1.7, and designed f o r  a static-pressure drop across the blade row. 
The data are not  exactly comparable because of the difference  in  turning 
angle, Reynolds number,  and aspect r a t io .  Stodola  (reference 1) presents 
steam-bucket  performance i n  terms of the  veloci ty   ra t io  $, which i s  
equal t o  the r a t i o  of the average out le t   ve loc i ty   to  the inlet   velocf ty .  
The value of  IJ from the  present  tests i s  apbroximately 92 percent; 
whereas tk upper limit for   the data in  reference 1 is  about 80 percent 
when the   in le t  and out le t   s ta t ic   pressure are assumed t o  be equal. 

- between theoret ical  and experimental  pressure  distributione may be 

Moving the  concave blade of set I amy from the convex blade along - the chord bisector line i n  order t o  determine w h a t  effect   misal inaent  
would have on the performance  reduced the midspan pressure  recovery from 
95 t o  84 percent f o r  the condition shown i n  figure 23. The reason f o r  
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t h i s  result is obviously due to  the  large  separation and standing  shocks 
in   t he  passage. -The results of this part of the investigation  point w t  
the   desirabi l i ty  of aeroiiynamically  designing the paseage even though 
the  behavior of the boundary layer modified the  predicted  resulte. 

* 
.. 

. .. . 

c O K  Lus IONS 

A method for des ign ing  shock-free  supersonic impulse  colqpressor 
and turbine  blades in  which the-blade paesage i s  essentially  the space 
between two concentric  circles  is  presented.  Since the shock-free 
supersonic flow between two concentrlc  circles fs a vortex flow, the 
problem is one of designing an entrance to the  circular-arc  wssage 
which w i l l  convert  the uniform entering flow to the required  vortex 
dis t r ibut ion and vice  versa a t   t h e   e x i t .  The coordinates  of m&uy t ranei-  
t i on  arcs have been computed and are included In tabular form. The 
resulting  sections  are  related t o  one another so that changes in the 
design  variables  can  be  investigated  independently in cascade and the 
performance of a section f o r  particular  rotor  conditions may be deduced 
from t e s t s  o f  repreaentative  sections. 

Three methods of increasLng  the  thickness  particularly near the 
leading and t r a i l i ng  edges are  presented although not experimentally 
investigated. The a b i l i t y  of the paseage t o  start supersonically was 
investigated and the. l imiting design inlet Mach  number f o r  s ta r t ing  
was determined for  given surface Mach numbers. 

Four different  blade paseagee desfgned to turn the  flow 120° were 
investigated in cascade a t  a Mach  number of approximately 1.57. The 
specffic  conclusions  resulting from such t e s t s  are as follows: 

r 

.. .. - 

1. The chordwise static-pressure  distribution  agrees  reasonably 
well with design  values. The discrepancfes are explained by side-wall 
boundary-layer  accumulation and flow aeparation. 

2. The cascade flow was not two dfmensionalbecause of the circula- 
tory boundary-layer flow. 

3. The weighted stagnation  pressure  recaFrj..for thg entire e p n  
i s  approximately 87.3 percent for  all sectiona. 

4. T h e r e  i s  l i t t l e  data to indicate whether these pressure 
recoverfes are be t te r   o r  worse than sections  differently designed 
although the recoveriee are superior to any of  the  steamturbine bucket 
results reported by Stodola. 

.. . . 

5. The desirabi l i ty  of aerodynamically designing the passage is 
borne out by the  reeults obtafned when the  bladea are incorrectly epaced. 



Future research on the  vortex impulse sections t o  determine the 
performance f o r  a range of design w i a b l e s  and effecta of leading-edge 
thickness should be undertaken became of the promieing results obtained. 

langley  Aeronautical Laboratory 
National Advisory Committee for Aeronarrtica 

Langley Field, Va. 



22 

APPENDIX A 

NACA RM L52B06 

CAI,CuIcITIOB OF THE SOLIDITY QE' A SYMMETRICAL BLADE 

The so l id i ty  of a symmetrical blade can  be determined analyt ical ly  
by using the equations developed in appendix C .  Equation (CD) i n  
appendix C can be rewritten 

From figure 5, it can be seen that 

or  for a symmetrical blade  since 8 = 28, 

*e ~(.l* - %*) G* = 
cos 8/2 

.. . . 

" 

x ct+2 - (v ,  - vl)J + y* = 0 

For 8 symmetrical blade, the  equation of tk symmetrical axfs (see fig. 5 )  
i s  

w h e r e  the X* and Y* axes  are as defined for tables I1 and 111. 

The perpendicular distance from this axis to the end point Xl*, 
Yl* of the concave eurface can be EBOW~ by analytic geometry to be 



When equations (A3) and (A5) are used, the solidity f o r  a aynmztrical 
blade is thus given by 

which can be easi ly  solved by using v'aluea frm table III, (fig. 24) 
and the values f r o m  the fol lowbg equation whfch have been publi6hed 
i n  many t ex ts  (for example, reference 6 ) .  
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CALCULATION OF TEE REDIETION OF TEE MAXIMUM RATE OF 

For most practical   cases,   the  minim passage  width which pre- 
determines the maximum ra te  of  ma88 flow fo r  given  stagaation  conditions 
of pressure and temperature occur8 between the conceneric  circulei-arc .. 

portions of the throat. When only  t h i s  curved region of flow is con- 
sidered, the boundary layer  being  neglected, 821 expression may be derived 
by expreasing  the  reduction in the maximnu rate .of mas.$. f low due t o  
channel-wall  curvature &a a function of radiue  ratio. 

When the normal shock spanning the entrance to   the  blade passage 
is  assumed t o  be of constant  strength  (fig. 10) the flow within  the 
passage  can  be  considered irrotational,  with a greater entropy  than 
that upstream of the normal shock. For the flow t o  be i r rotat ional  
and in  radial   equilibrium damstream of the shock if bounded by suf- 
f ic ien t ly  long concentric-cfrcular walls, it muat sat isfy the vortex 
equation 

Since  the  flow i s  adiabatic and isentrogfc 

and 

normal ahoc k . 



The mass flow parameter mW is therefore 

fo r  7 = 1.4, equation (B5) is reduced t o  an analytically  integrable 
equation such that 

For a l l  real flows, k is  lese  than R*. In  order t o  determine &, 
that is, that value of k mich will yield  the maxhium r a t e  of f l o w  
between R1* and %*, equation (B5) i s  differentiated under the 
integral  sign and eqmted  to  zero; thus, 

J 
for 7 = 1.4 



I n  order t o  reduce the labor involved i n  determFning the value of  k 
fo r  a l l  possible values of R1* and Ru*, equation (Bl) ma;y be made 
nondlmemioaal. 

where  
. ". ." 

.. 

R* %* B1 = 1.0 %* 
k = -  Elu = - K = -  

R1* R1* 

Equation (B7) is ILOW - 

5 

The resulting value8 of & f o r  all possible radiue ra t ios  are 
presented In figure 11. 

Equation (B6) m y  be rewritten 



Combining equations (€39) and (B10) t o  determine tke reduction in maxiruum 
mass flow C, due t o  flow curtrEtture 

C = l -  3.8643 

The value of C is  presented i n  figure 12 as function of su. 

The position of the s o d c  radius ss for any given  radius  ratio 
may be found upon subst i tut ion of a* fo r  V in equation (B8). Thus 

The sonic radius is very close t o  the geometric =an radius such 
that ss 1 Fu and may be used t o  determine kx t o  a good approxima- 
tion f o r  gases whose r a t io s  of specific heats are other than 1.4. K&x 
determFned by this method is shown daahed in figure ll, and i ts  e f f ec t  
upon mass f l o w  reduction is p lo t ted   in  figure 12. The maximum e r ror  
i n  which occurs at the m i n i m u m  radius r a t i o  f o r  gasee of 7 = 1.3, 
1.4, and 1.5 fs 1- 2, and % percent,  respectively. 1 1 

2' 
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APPElJDIX C 

NACA RM ~ 5 ~ ~ 0 6  

C A I C W I O N  OF THE "UM DFSIGN'ENTERING MACH 

Immediately preceding the star t ing of 8 particular passage, a 
shock wt11 span the inlet. After the shock has passed d o " t r e a m  through 
the minimum section the rate of mass f l o w  i s  unaltered. The in l e t  
opening f o r  any Mach number can be obtained when the mass flow through 
the  c i rcular  passage is known. The maximum inlet design Mach  number 
for  any partfcular  circular paasage w i l l  therefore be that maxirmun Mch 
number for which the maximum ra te  of  f low can  be accommodated  when the 
normal-shock loss is taken 

!!?he rate of ma88 flow 

i n t o  consideration. 

f o r  a developed vortex can be m i t t e n   a a  

or 

and 

and 
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Khen in l e t  and vortex f low parameters are equated 

o r  

Let 

which is a f'unction of the vortex surface Mach numbers 
7 = 1.4 

aM* 

o d y .  For 



thus the area  contraction  ia 

NACA RM L52BO6 

, 

The wlue of Q i8 given i n  ffgLIre 24 as a function of V I  and Vu. 

The starting maximum contraction  ratio (from reference 8) is 
modified by the flow reduction factor C BO that s t a r t i n g  contraction 
rat io 

where - p3 is  the total-preseure'recovery through a normal shock and 
PO 

A, is equal t o  e and both  are a function of inlet Mach rmniber s. s Peve 

Equating (Cp) and ( ~ 8 )  t o  dete- tbe maximum design value of  M, 
such. that the  contraction i s  equal t o  the s t 8 , r t i n g  contraction  ratio give8 & 

Q p3 
I - c  Po 
- = -  

Since 
" 
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( a )  Blade I 

Source Pressure recovery 

Entire span 

84.6 0.20 inches from wall 
81.4 0.40 inches from wall 
85.0 0.60 ~ h e s  from w a ~  
90.6 0.80 inches from wall 
94.9 1.00 inches from wall 
89.3 1.20 inches from wall 
88.0 

(c) Blade I11 

I Source I Pressure recovenr I 
Entire span 
1.13 inches from wall 
0.93 inches from wall 
0.73 inches from wall 
0.53  inches from wall 
0.33 inches m I T 0  wall 
0.13 Facbes from wall 

87.8 
85.8 
85.6 
84.6 
87.1. 
90.8 
91.0 

I 
I I 

(b) BLade I1 

Source I b e s u r e  recovery 

87.6 
84.8 
90- 5 
89. T 
81.3 
87.4 
90.1 

( a )  Blade IV 

I Source I Pressure recovery I 
86.9 
88.7 
88.6 
81.8 
83.2 
92.0 
85.3 
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Figure 1.- Supersonic realm of vortex flow. 
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v 

Figure 2. - Geometry of vortex f i e l d .  



Figure 3.- Characteristic line network for supersonic v o r t e x  flow according 
to A. Busemann. y = 1.40. 
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+ = O  

. 
Figure 4.- Construction of transit ion arcs. 
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T G* 

in le t  flor 
Relative 
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\ 
Figure*?.- Construction of typical symmetrical blade section. 



Figure 6.- Examples o f  blades. 

... 
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(a) ye = 14. (b) Vu = 20. (c) "1 = 0. 

Flgure 7.- Variation of solidity with turning angle for  special case where 
ye = & 1 + V I ) .  
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60 

( a )  ve = 14. 

y1 

a 
8 
0 
0 
0 

120 

(b) vu = 24 and v 1  = 4. 

Figure 8.- Variation  of 6ol id i ty  with turning angle for general  case. 
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(b) Flow geometry for external waves. 

B l g u r e  9.- Continued, 



Bi 

. . .. . 

8 
(c) Sdeonic axial-velocity-component (a) Supersonic  axial-velocity component. uI I? 

63 shock originating on concave surface. 
0 a 

F i m  9.- Cmcluded. 

. . . . . . . 

I 

. .  . . . . . . . . . . . . . . . . . . . . . -. . . . . . . .  . 



7R 

- 
NACA EIM ~52806 49 

Figure 10.- D i a g r a m  of f l o w  in the channel a t  the instant immediately 
before starting. 
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.42 

.34 

32 

.30 

. 28 

. 26 
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- NACA RM ~52606 

- - - & determinecl try geometric method 

v 
I I I I I 

-5 . - 7  g -9 1 
Radiua ratio, au 

..I 0 

Figure 11.- Value of as flznction of radius r a t i o  for 7 = 1.40. - 
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c Figure 12.- Reduction in maximum mass f l o w  a 6  function of radius ratio 
for 7 = 1.40. 
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. . .  

. . . . . . . .  

Figure 13.- Maxlmm deslep-inle't value of v, for starting as a function 
of VI  and Vu. 

.... . . . . . . . . . . . . . . . .  ! . .  
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Figure 14.- Photo of %-by 1 2-inch  supersonic  cascade tunnel. 

-III 



1 
Figure 15.- Vieu of t e s t  section with o m  side well removed. 
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Figure 16.- Close up of blade I: showing the static-pressure  orifices end 
6CretCheS 



. .. , 

Flgure 17.- Pressure distribution along concave and convex surfaces. 
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I a 

! 
I 1 

Percent chord 
(C)BlPds 111. 

Percent chord 
(d) Blade 1% 

Figure 17.- Concluded. 
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I .c 

a 

p3 
'P, .6 

!I 

.2 

15 .20 2 5  .3 0 

. 

Distance from convex surface, inches 
t 

(a) Blade I 

0 . I  .2 .3 .4 .5 
Distance from convex surface, inches 

(b) Blade IL \Kjx/ 

Figure 18.- The v a r i a t i o n  of the stagnation-pressure recovery near end 
of passage. 

.* ." 
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Distance from convex surface, inches 

(c) Blade I l l .  

. 
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(e) Btade 11,  w i t h  fence, 

Figure 18.- Concluded. 



I 

. . .  

"97 
L-72736 

(a)  Total-pressure tube in place. 

Figure 19.- Schlieren photopaphs o f  the flaw h tk passage of blade I. 
ye = 15'. 



(b) Total-pressure tube removed. V 
Figure 19.- Continued. L-72737 
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(c )  Flexible wall moved closer t o  trailing edge of blades. 

Figure 19.- Concluded. 

. . . . . . . . 
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Figure 20.- Schlieren photographs of the flow in the passage of 
blade II. 
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( a )  Psssage not st6rted.  V, = 14'. 

Figure 21.- Schlieren photographs of the flow in the passage of 
blade 111. 
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. .  
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(b) Passage started. V, = 18'. w97 
Figure  21.- Concluded. L-72742 
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1 * 



"557 
z-72743 

Figure 22.- Schlieren photographs of the flow in the passage o f  blade IV. 
V, = 150. 
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Figure 23.- Schlieren photograph of the flow for an Incorrectly spaced 
pair of blades. 
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